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ABSTRACT 

 
 Damage tolerance in composite structure has received increasing attention, especially for aircraft primary 

structures. Indeed, new design approach must go beyond conservative concept and offer best structural 

efficiency without compromising safety requirement. Nevertheless, to deal with these challenges, a deep 

understanding on the damage mechanisms and reliable tools for their identification from early stage are 

required. In aircraft structure, stiffened composite panels are among the most-used configurations. Stiffened 

panels are widely introduced in the fuselage and wings thanks to their ability to withstand high load and 

deformation level. However, complex damage modes and nonlinear behavior in the post-buckling regime 

still challenging and requires better understanding.  

In the current study, the buckling and post-buckling response on a hat stiffened panel made from CFRP 

composite material is investigated numerically to identify damage phases involved in the post-buckling 

process from damage initiation to final collapse. The proposed numerical model is based on progressive 

failure analysis (PFA) where material properties are degraded according to a specified damage law. In this 

study, failure criteria related to fiber, matrix and interlaminar delamination were assessed by implementing 

a constitutive material model using USERMAT subroutine. The analysis of these results has allowed the 

identification of the critical zone for damage onset and spread, which were subsequently correlated with 

the different buckling steps. Furthermore, experimental procedures were proposed to evaluate compression 

behavior of stiffened composite panels. Buckling panels will be monitored by using   the digital image 

correlation technique (DIC) to extract the displacement and the strain field and to validate finite element 

modeling results. 

 

1 INTRODUCTION 

 

 
High-performance composite materials have found increasing application in aerospace industry due to their 

potential in terms of stiffness, strength and weight reduction. However, the recourse to composite materials 

raises new issues related to their design and behavior during in service life. Indeed, unlike their metallic 

counterparts, composite materials display a wide variety of failure mechanisms, which still much less 

known and require a deeper investigation.  

 



In last few years, composite stiffened panels have received increasing interest as they are widely used in 

the design of principal structure elements (PSE) like fuselage, rudder and stabilizer. This structure takes 

profits from composite material advantages and the outstanding properties of thin-walled structure [1]. 

Composite panels under in-plane compression or shear loading are sensitive to bukcling failure [2]. It is 

acknowledged that stiffened panels can have considerable post-buckling reserve strength, these structures 

can still carry the load even after the appearance of the first buckling signs. Taking advantage from this 

phase means to be able to predict complex non-linear response and take into account the interaction between 

the different failures modes involved throughout this process. 

 

The buckling and postbuckling regime of the stiffened composite panel was widely investigated under 

different aspects. Von Karman [3] has proposed an analytical model where a practical approach was 

proposed to compute the buckling load and buckling patterns. Several experimental trials carried under 

compression [3] [4] and shear loading [5] emphasized that the skin-stiffener separation was the main failure 

mode during post-buckling phase while the final failure is induced by the stringer collapse [6]. Other authors 

focused on the effect of defects on panel behavior and strength. Greenhalgh et al [7]  focused on degradation 

and the decrease of the residual strength due to impact damage and embedded defect. 

 

The increasing interest in the study of damage tolerant structures stimulated the development of numerical 

tools. Nowadays, finite element method (FEM) presents a powerful tool capable to handle large scale 

structural and predict their failure. The literature presents several damage modeling approaches based on 

fracture mechanics, among them, the Virtual Crack Closure Techniques (VCCT) and the Cohesive Zone 

Model (CZM). Both of these techniques compute the energy release rate to predict interlaminar separation. 

Nerveless, these techniques are intended for delamination flaws and suppose that the damage position and 

path are known in advance. To overcome this limitation and take into account the contribution of different 

other modes, progressive failure analysis (PFA) emerges as an interesting alternative to track damage 

sequences and progression. Based on failure criteria, this approach uses distribution of the stresses in the 

lamina to predict failure modes in laminate structure. Thus, if one of the criteria is fulfilled, the mechanicals 

properties are degraded according to a particular damage law. The progression of damage in composite 

laminates structures has been a focus of extensive research. Sepe et al. [8] used Hashin's criteria to predict 

the buckling response of two stringers panel subjected to impact damage. Ambur et al [9] studied the failure 

process of a stiffened panel with and without a notch under in-plane shear loading. Even if delamination 

criterion was neglected, numerical FE results shown a good agreement with experimental ones to mimic 

damage sequences. Bisagni [10] assessed the damage tolerance and collapse of a hat-stiffened composite 

panel by applying Larc03 failure criteria to predict fiber failure and matrix crack, while delamination 

damage was simulated by cohesive material model.  

  

The aim of this study is to analyze the mechanical behavior of two hat stringers CFRP panel subjected to 

compression loading. The paper, details the modeling approach based on progressive failure analysis (PFA) 

where material properties are degraded according to a specified damage law and proposes an experimental 

approach based on compression testing. In order to characterize the panel behavior and to develop accurate 

knowledge of the possible failure modes and their interaction, damage onset and delamination propagation 

will be monitored both using a digital image correlation and by AE wave detection. The experimental test 

consists to apply uniform compression loading to the stiffened composite panel until the final collapse. The 

buckling and post-buckling deformation will be measured using a digital image correlation system (DIC) 

while the damage monitoring by using acoustic emission techniques will permit to detect damage initiation 

and to characterize damage accumulation under compression loading. Thereafter, experimental results will 

be compared to finite element model developed based on progressive failure analysis. The proposed model 

takes into account the major failure modes such as matrix cracking, fiber breakage, fiber-matrix shearing 

and interlaminar delamination. Obtained results have allowed to highlight the critical damage area and 

identify the sequences of damage evolution during buckling and post-buckling phases.  



2 Experimental approach 

 
2.1 CFRP stiffened panel design  

 
The composite panel is stiffened by two hat-stringers assembled to the skin by co-cure method. The panel 

has 660 mm length by 382mm width and made with unidirectional CFRP material from Cytec HTS 977-2. 
The mechanical properties of the unidirectional lamina are detailed in Table 1. In this specimen, the skin is 

constituted of 12 plies with symmetric stacking sequence of [90/45/-45/0/-45/45]𝑠. The stringers are made 

up by 10 plies quasi-isotropic laminate with a stacking sequence of [90/45/0/-45/0]𝑠. The panel dimensions 

are illustrated in the Figure 1.  

For compression loading, the panel is clamped at the two ends by two steel resin blocks as shown in figure 

1. (b). Resin blocks are 40 mm high and 382 mm wide, which reduces the effective length of specimens to 

580 mm. The resin blocks ensure embedding condition and guarantee uniform distribution of the load 

during the compression tests. 

 

 

 
 

 

  
 
 
 
 
 
 
 
 
                      
                                                  (a)                                                                                    (b) 
 

Figure 1. Geometry and dimensions of the two hat stringers panel (a) panel fixation (b). 

 

 

2.2 Experimental procedures 
 

The experimental methods mainly use the 3D digital image system VIC-3D from Correlated Solutions, to 

measure the strain and displacement field evolution on the surface of the specimen. This optical 

measurement technique allows analysis of digital images taken at different loading steps and compares 

them to a reference configuration. The DIC requires the application of random pattern on the surface of 

interest so the system can track the changes in gray value between images during loading process. For this 

raison, a speckle pattern was applied on the both sides of the panel as shown in Figure 2 (a). The 

characterization of the full field requires the use of four cameras placed on the both sides of the panel. In 

addition, strain gages were bonded at different positions to extract the longitudinal strain and detect the 

initial buckling of the panel. The gages are placed, in the skin, the flange and the stringer web. The details 

of strain gauge positions are given in Figure 2 (b). The damage monitoring was performed by using acoustic 

emission system (Mistras-DiSP) equipped with four piezoelectric sensors (PAC) attached on the back 

corners of the panel  with hot melt adhesive, as shown in Figure 2. (b). 
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Figure 2.  (a) Speckle pattern application on the both sides of the panel, (b) strain gages and EA sensors position. 

 

The panel will be tested to failure using a servo-hydraulic test frame in quasi-static displacement control 

with a crosshead displacement fixed at 1mm/min. The experimental setup and the different monitoring tools 

are illustrated in Figure 3. 

 

  

 
 

Figure 3. Experimental setup for compression testing and health monitoring tools. 
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3 Methodology and finite element model  
 

 

3.1 Progressive damage methodology and failure criteria definition  
 

In this paper, the progressive damage model has been implemented in ANSYS software using USERMAT 

subroutine. The recourse to this approach is far more effective in terms of computing time and result 

extraction compared to traditional post-processing routine [11]. The compilation of the FORTRAN program 

generates an executable file which is called by ANSYS during solution iteration. This custom subroutine 

requires, firstly, to establish the constitutive material law between stress and strain field by defining the 

Jacobin matrix 𝜕𝜎/𝜕𝜀. Subsequently, for every loading step, the program uses strain increment to compute 

the new stress distribution. The stress components are used to check the predefined failure criteria list. If 

one of the criteria is fulfilled, the mechanical properties are instantaneous degraded according to table 2. 

The value of degradation coefficients depends on the damage mode, and the updated properties are stored 

using state variables at the end of time or load increment for each material integration point.  

 

For this study, failure criteria proposed by Olmedo [12] and based on Chang-Chang [13] and Shokrieh-

Lessard [14] development are used. These criteria combine both the contribution of out of plane stress and 

the nonlinear shear stress-strain relationship which is expressed by equation (1). 
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where 𝛾 and 𝜏 are respectively the strain and stress field and 𝛼 is an experimental parameter [15]. 

The adopted failure criteria are expressed by (eq.2-5) as follow: 

 

3.1.1 Fiber failure:  
Fiber failure criteria take into account the interaction between longitudinal stress, in-plane and out of 

plane shear stress. The failure occurs when the following criterion is satisfied:  
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Where 𝑋𝑇 is replaced by 𝑋𝑐   if 𝜎11 < 0. Here 𝑆13 and 𝑆23 are the out-of-plane shear strength. 

 

3.1.2 Matrix failure:  
In addition to transverse and in plane shear stress, the following failure criterion also considers the 

contribution of out-of-plane shear stress.  

 

 (
𝜎22

𝑌𝑇  

)2 +

𝜏12
2

2𝐺12
2

 

+
3
4

 𝛼𝜏12
4

𝑆12
2

2𝐺12
2 +

3
4

 

𝛼𝑆12
4

+

𝜏23
2

𝐺23
2

 

+
3
4

 𝛼𝜏23
4

𝑆23
2

2𝐺23
2 +

3
4

 

𝛼𝑆23
4

 = 𝑒𝑚
2                                      𝜎22 > 0  (3) 

 

Where 𝑌𝑇 is replaced by 𝑌𝑐    if  𝜎22 < 0. 



3.1.3 Fiber–matrix shearing failure 
 

The fiber–matrix shearing failure criterion is met if:  
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3.1.4 Delamination  
Delamination criterion used in this study is provided by the expansion of the Hashin criterion and 

considering the non-linear shear stress/strain behavior. The equation is given by  
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Where 𝑍𝑇 is replaced by 𝑍𝑐    if  𝜎33 < 0. 

 

As failure occurs in a ply of the laminate, the mechanical properties of each material integration point are 

updated using appropriate degradation parameters as defined in table (1). 
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   148    9500   4500       3170 0.3     0.4   0.4  

Strength  

  (MPa) 
𝐗𝐓 𝐗𝐂  𝐘𝐓 𝐘𝐂 𝐙𝐓 𝐙𝐂 𝐒𝟏𝟐 𝐒𝟐𝟑 = 𝐒𝟏𝟑 

 2000     1500      50       150 100     253   150        41.5 

 

Table 1. Material properties for two delta stringers panel 

Failure mode 𝐄𝐱 𝐄𝐲 𝐄𝐳 𝐆𝐱𝐲 𝐆𝐲𝐳 𝐆𝐱𝐳 𝛖𝐱𝐲 𝛖𝐲𝐳 𝛖𝐱𝐳 

Fiber failure 0.14 0.4 0.4 0.25 0.35 0.2 0 0 0 

Matrix failure  0.4 0.4 - - - 0 0 0 

Fibre–matrix 

shearing 

- - - 0.25 0.25 - 0 - 0 

Delamination  0.4 0.4 - 0.2 - 0 0 0 

 

Table 2. Degradation rules for the different failure modes [12] 

3.2 Finite element modeling 

 
The finite element model of the stiffened panel is performed using 3D layered SOLID 286 element with 20 

nodes. These elements provide better assessment of interlaminar stress and offer the possibility to store and 

show results related to each layer. The material stiffness parameters and strength are introduced according 

table 1. The model was solved with a non-linear analysis based on Newton–Raphson algorithm. 



4 Analysis of buckling behavior and damage scenario 

 
The different phases of the panel response under compression loading are illustrated in Figure 4. Firstly, 

the panel under loading exhibits a linear response until 40kN with one single-wave out-of-plane 

deformation mode along the free edges of the skin. This phase is illustrated by pattern configuration A as 

shown by the figure 4. When load reaches 40 KN, a slight deviation from the linear curve is then observed, 

this corresponds to the apparition of the first buckling mode. This buckling mode affects only the skin and 

still localized within the area between two stringers. Three, then four half-waves, patterns of configuration 

B and C, are observed successively in the middle of the panel. By increasing compression loading, the 

deflection spreads and affects the both panel sides at around 62kN as shown in the figure by patterns of 

configuration D. At 130kN, the first buckling signs affecting the stringers are observed at point E, despite 

this deformation stringer remain stable and still carrying loads. The final step is characterized by stringers 

collapse at 162kN, where highly distorted elements are observed in both stringer webs (F).  
 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

Figure 4.  Mechanical behavior and out of plane response of stiffened panel with two stringers under buckling 

 

The numerical values of strains along the loading direction 𝜀𝑦 are computed for different positions in the 

skin, flange and stringer web as it’s showed previously in Figure 2. The load-strain curves computed back-

to-back the skin are illustrated in Figure 5. (a). The curves show that the skin buckling occurs at around 

42kN, which is characterized by a switch in the curve slope. The bifurcation between the two curves is 

explained by the fact that one face goes under extension, while the other one was under compression. The 

strain curves on the stringer flange and web are also presented in Figure 5. (b) and Figure 5. (c). By 

observing the web strain curve, it is possible to identify the exact value for the stringer buckling load, 

around 122kN, which is confirmed by the deflection observed previously by out of plane displacement as 

shown by configuration E. 
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(a) Load-strain curve measured in the skin SG-S1/1' 
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(b) Load-strain curve measured in the flange SG-F1/1' 
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(c) Load-strain curve measured in the web SG-W1/2 

 
 

Figure 5.Compression load versus strain obtained in different location in the stiffened panel by FEM analysis 



The progressive failure methodology described in the paper was successfully implemented under ANSYS. 

The damage accumulation results are shown in Figure 6. The damage failure is expected to occur in the 

region with the highest negative displacement located in the middle of the panel. By observing the damage 

index for the three main failure modes, the progressive damage sequence was drawn in figure 6. Firstly, 

matrix cracks were observed just after the point D at around 62kN compressive load.  Thereafter, by 

increasing the load, matrix damage spreads and alters larger area before the apparition of first fiber failures. 

Until the final failure, almost all the fiber failures still confined in the stiffener zone which provokes the 

final collapse of the panel. Delamination zone are typically localized in the skin-stiffener boards and in the 

stiffener corners. Figure 6 reports the three main failure modes observed in this panel just before the final 

collapse. 

 

 

 
 
 

 

 
 

 

 

 

 

 

 

 

 

 

 

 

 

 

 
Figure 6. Post-buckling progressive failure map: (a) fiber breakage, (b) matrix cracking and (c) delamination 

 

5 Conclusion 
 

In this study, a two stringers panel made by CFRP was investigated under compression loading until final 

collapse. A finite element model was developed using USERMAT subroutine. The model is based on 

progressive failure analysis (PFA) and considers the major failure modes: fiber failure, matrix cracking, 

fiber-matrix shearing and delamination. The FE nonlinear analysis has allowed to compute the different 

buckling phases the panel go through. It also offered a detailed insight on the failure mechanisms and 

damage sequences. The progressive failure analysis highlight the fact that matrix cracks were the first 

damage mode to appear in the skin and in the stringer corners, the damage spreads in larger area by 

increasing the applied load until final failure occurred by stringers collapse. Also, the experimental 

methodology was proposed to extract the displacement full field and in-plane strain field. The DIC and AE 

techniques were suggested for the panel monitoring during the post-buckling stage. The experimental 

results and FEM validation will be presented in next paper. 
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